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SUMMARY

Oil-flow photographs were inter-
preted, with regard to chord location
of shocks, relative shock strength, and
chord location of boundary-layer tran-
sition, and were compared to results
obtained from pressure distributions
and boundary-layer measurements. The
investigation was conducted in flight
at transonic speeds on an F-111 tran-
sonic aircraft technology (TACT) air-
craft, which had been fitted with a
natural laminar-flow airfoil test
section.

Results of the comparison indicated
that the location and strength of shock
waves, as well as laminar, transition,
and turbulent flow, can be accurately
determined from in-flight oil photo-
graphs. It was also noted that the pres-
ence of oil on the airfoil test section
did not significantly affect the pres-
sure distribution measurements or tran-
sition location.

INTRODUCTION

It is often desirable to document
flow phenomena by means of flow visuali-
zation. The visualization of flow can
clarify such aerodynamic phenomena as
where shock waves occur and whether
flows are laminar, turbulent, or separa-
ted. As a result of the need for flow
visualization, certain techniques have
been developed in association with
various test facilities. In wind tun-
nels, for example, Schlieren photography
(ref. 1), o0il flows (ref. 2), and tufts
(ref. 3) are used extensively. Water
tunnels use dye for flow visualization
(ref. 4). Tufts, sublimation of chemi-
cals (ref. 5), and oil (refs. 6 and 7)
have been used in flight for flow
visualization.

During the summer of 1980, NASA Ames
Research Center's Dryden Flight Research
Facility (DFRF) conducted an investiga-
‘tion to determine the amount of natural

laminar flow that could be achieved in
flight on a supercritical airfoil at
transonic speeds. The investigation was
conducted on an F-111 transonic aircraft
technology (TACT) aircraft (ref. 8)
which had a portion of the wing modified
with a natural laminar-flow (NLF) air-
foil section. As part of the NLF study,
pressure distributions and boundary-
layer measurements, along with upper
surface o0il flows, were obtained. The
oil flows were part of a "piggyback”
experiment attendant to the NLF investi-
gation and, therefore, are somewhat
limited.

In this paper, oil-flow results are
presented and interpreted with regard to
the chord location of shocks, relative
shock strength, and chord location of
boundary-layer transition. The inter-
pretation of the oil-flow photographs is
supplemented by chordwise pressure dis-
tribution data and aft-chord boundary-
layer-thickness data. The oil mixture
used and method of application are dis-
cussed briefly, as are the observed
effects of the oil on the pressure dis-
tributions and the boundary-layer
results. Data are presented for Mach
numbers from 0.81 to 0.85 and wing sweep

angles of 9°, 16°, and 25°.
NOMENCLATURE

G, center line

Cp pressure coefficient, p - p_/q
c local wing chord

hp pressure altitude

M free-stream Mach number

NLF natural laminar flow

PD pressure distribution

PDgg pressure distribution,

favorable gradient



PDyg pressure distribution,
unfavorable gradient

ho) local static pressure

Pe free-stream static pressure

q free-stream dynamic pressure,

2

0.7M“p

SAE Society of Automotive Engineers

TACT transonic aircraft technology

X chordwise distance from the
leading edge

z/c ratio of vertical distance of
airfoil to local wing chord

a corrected angle of attack, deg

A incremental change

§ boundary-layer thickness,
cm(in)

A wing sweep, deg

TEST AIRCRAFT AND INSTRUMENTATION

F-111 TACT Natural Laminar Flow

An NLF supercritical airfoil was
fitted over a portion of the wing panels
of the F-111 TACT aircraft. The F-111
TACT aircraft is described in refer- .
ence 8, and the airfoil sections
installed on the aircraft are shown in
figure 1. The right wing glove was the
test section while the left wing glove
served primarily to maintain aircraft
symmetry, minimizing changes in aircraft
flying qualities. The foam and fiber-
glass techniques discussed in refer-
ence 9 were used to construct the air-
foil test section.

The partial-span glove enveloped the
F-111 TACT wing between 56- and 75-
percent semispan at a wing sweep of 10°.
The airfoil was installed with the chord
‘lines streamwise at a wing sweep of 10°.

Airfoil coordinates, surface finish, and
surface waviness limits for the test
section were 0.025 cm (0.010 in), 250 um,
and 0.005 cm (0.0002 in) per 2.54 cm

(1 in), respectively. For the NLF air-
foil tests, leading- and trailing-edge
flaps were locked in an undeflected posi-
tion, and all but the outboard spoilers
were deactivated. Because of the addi-
tion of the gloved region, wing sweep
was limited to between 9° and 43° for
these tests. O0Oil-flow test data were
obtained at 9°, 16°, and 25° wing sweep.
The aircraft was limited to a maximum
Mach number of 0.85, maximum dynamic

pressure of 20.3 kPa (425 1b/ft2), and a
maximum normal acceleration of 2g for
these NLF tests.

Instrumentation

The right wing partial-span glove
was instrumented with a chordwise row of
flush static pressure orifices on the
centerline of the glove's upper and
lower surfaces. The upper and lower
surface rows consisted of 15 orifice
locations each. Upper and lower surface
boundary-layer rakes (fig. 2) were loca-
ted at 90 percent of the test section
chord. Only the upper surface data are
presented in this paper, since oil pho-
tographs were obtained on that surface
only. Differential pressure trans-
ducers, located in the wing bays and
referenced to a common absolute pressure
source, were used to make pressure
measurements from the flush orifices and
the boundary-layer rakes. The absolute
pressure source was in the wing box near
the fuselage and was fed into a refer-
ence tank in the fuselage.

Reference data, such as Mach number,
altitude, angle of attack, and angle of
sideslip, were obtained from an aircraft
noseboom system. An uncompensated pitot-
static probe was used for reference air-
data measurement. In-flight airspeed
calibration data were used to correct
indicated values of Mach number, static
pressure, and altitude. Flow direction
vanes were mounted on the noseboom to



determine angle of attack and angle of
sideslip. Angle of attack was adjusted
for upwash and fuselage bending.

CONFIGURATIONS AND PROCEDURES

Natural Transition

Pressure distributions and boundary-
layer measurements were obtained, with
the test section kept as clean and
smooth as possible to prevent premature
boundary-layer transition from laminar
to turbulent. These flights were made
to document the natural transition char-
acteristics of the test section with and
without oil.

Forced Transition

For some of the test flights, tran-
sition strips were installed on the test
section for successive flights at 5-,
20-, 30-, 40-, and 50-percent chord in
an effort to calibrate boundary-layer
thickness as a function of established
transition location. The transition

strips consisted of Carborundum! grains
on the airfoil surface from the inboard
to the outboard edge of the test sec-
tion. The grain size used was scaled by
the method of reference 10 to produce
enough surface roughness to trip the
boundary layer from laminar to turbu-
lent; however, the grains were not large
enough to cause drag themselves. The
grain size used for transition strips
forward of 40-percent chord was 0.297 mm
to 0.350 mm (0.0117 in to 0.0138 in) in
diameter. Since the laminar boundary
layer becomes thicker farther aft and is
able to withstand more surface rough-
ness, a grain size of 0.350 mm to

0.419 mm (0.0138 in to 0.0165 in) in
diameter was used at 40-percent chord
and aft. The strips were bonded with a
plastic adhesive to clear tape that had
been previously attached to the test
section.

lcarborundum Co., Niagara Falls, N.Y.

Flow Visualization Procedure

The flow visualization medium chosen
for this investigation was Society of
Automotive Engineers (SAE) 80-W-90 oil
mixed with powdered black graphite in
proportions of four parts of oil to one
part of graphite, by volume. This par-
ticular mixture was chosen for three
reasons:

1. This weight of o0il was believed
to be thick enough to remain in place
during the warm temperatures of takeoff
and climbout, yet be thin enough to flow
on the test section at the colder tem-
peratures of altitude.

2. This weight of oil was readily
available.

3. The black graphite and oil mix-
ture would provide contrast against the
white test section.

The mixture was applied to the sur-
face with a paintbrush approximately
30 min prior to takeoff. The test air-
craft climbed to the first test point
immediately after takeoff. Each test
condition was held for approximately
2 min to allow the patterns in the oil
to become established before photographs
were taken from the chase aircraft. To
aid in the interpretation of the photo-
graphs, constant chord lines were drawn
across the test section at 10 percent
intervals.

During the oil-flow test, flight
conditions with the highest wing sweeps
(which were assumed to be the most for-
ward transition) were normally flown.
first. The reasoning for this procedure
is presented in greater detail in the
0il Performance section of this report.

The oil technique was used only at
altitudes equal to or less than 7.6 km
(25,000 ft) after it was discovered that
at higher altitudes the oil became too
thick to flow with ease on the airfoil
test section.



0il Performance

As previously mentioned, oil used
in flight for flow visualization must
be able to remain on the test section
during takeoff and climbout, yet flow
on the test section at altitudes rep-
resentative of the relatively cold
temperatures and at transonic veloci-
ties. For this experiment, the oil
became too thick to flow at altitudes
between 7.6 km and 9.1 km (25,000 ft
to 30,000 ft). The thickening of the
0il at high altitudes is attributed
to the reduced temperatures at alti-
tude, which causes an increase in the
viscosity of the oil. Figure 3 shows
temperature as a function of altitude
from weather balloon data for the day
of flight. At 7.6 km to 9.1 km
(25,000 ft to 30,000 ft) the free-
stream temperature was about -9.5° C
to -20.5° C (15° F to -5° F). There-
fore, it appears that the particular
0il mixture used is useful to temper-
atures down to a free-stream tempera-
ture of -9.5° C to -20.5° C (15° F to
-5° F) at Mach 0.8. To obtain data at
any lower temperatures, oil or a fluid
of different viscosity characteristics
would be required.

A potential problem exists using
this oil technique for visualization of
transition, because o0il is not continu-
ously supplied to the leading edge of
the test section. As previously noted, ,
test conditions with the highest wing
sweep (most forward transition) were
flown first. This was done so that oil
would be available on the leading edge
to visualize the transition to a turbu-
lent boundary layer. For example, if a
test condition was flown with transition
to a turbulent boundary layer occurring
significantly forward of transition on a
previous test condition, a minimal
amount of oil would be available to vis-
ualize the turbulent condition. This
could result in an erroneous interpre-
tation of the o0il flow. A potential
solution would be to supply o0il to the

leading edge of the test section during
flight. However, this approach would
require additional hardware and would
add complexity to the technique.

Another requirement for oil used as
a flow visualization medium is illumina-
tion of the o0il on the test section.
The black graphite, which was mixed with
the oil in proportions of 4:1 by volume,
produced adequate illumination of the
oil when the test section was in sun-
light. However, a greater concentration
of graphite would have more clearly
illuminated the oil mixture. Recent
studies at NASA (ref. 11) have shown
that ferrous oxide (putty black), mixed
in proportions of 15 parts of oil to 1
part of ferrous oxide by volume, works
more satisfactorily.

NLF CONCEPTS

The airfoil test section, on which
this study was conducted, was based on a
concept to achieve a laminar boundary
layer over a major portion of the for-
ward region of the airfoil. Because the
oil-flow experiment was conducted on
this test section, a review of the NLF
concepts may aid in the discussion of
the results. Shown in figure 4 is the
candidate upper surface pressure distri-
bution that was used as a design for the
airfoil test section. To sustain a
laminar boundary layer for subsonic and
transonic conditions, the chordwise
pressure gradient (Acp/Ax/c) must remain

negative (favorable) over the forward
portion of the airfoil. 1In figure 4,
the favorable pressure gradient extends
from the leading edge of the airfoil
(x/c = 0) to almost the 60-percent chord
(x/c = 0.60). The pressure gradient
becomes unfavorable when the Cp values

begin to increase along the chord. 1In
figure 4, this occurs just ahead of x/c

= 0.60. The positive or unfavorable gra-
dient causes an instability in the bound-
ary layer; if the flow has been laminar
up to the point of unfavorable gradient,
it will undergo transition to a turbulent



boundary layer. However, it should be
noted that other sources of instability
can cause the boundary layer to transi-~
tion to a turbulent condition before
encountering an unfavorable pressure
gradient. Some sources of these insta-
bilities are surface roughness or wavi-
ness, leading-edge crossflow, and large
chord Reynolds numbers.

PRESENTATION OF RESULTS

The results of this investigation
are presented in the following figures:

Figure

In-flight photograph of oil on
airfoil test section at climb
conditions (subsonic and
shock-free) of approximately
300 knots indicated airspeed
and A = 25°% .i.itirerecesccsssess 5

In-flight oil-flow photographs
and upper surface pressure
distributions on airfoil test
section at —

M =10.84; a = 4.8°; A = 25° .. 6
M= 0.85; o = 4.7°; A = 25° ,. 7
M =10.83; a = 4.9°; A = 16° .. 8
M= 0.84; o = 4.9°; A = 16° .. 9
M= 0.81; a=4.82; A= 9° .. 10
M= 0.82; a=4.8°; A= 9° ,. 11
M = 0.83; a = 5.0°; A= 9° .. 12
M= 0.85; a =4.1°; A = 25° ,, 13

Comparison of test section upper
surface pressure distribution
with and without oil at —

M=0.82; A= 9° .iceeeeseses 14(a)
M= 0.83; A =16° ccoveeneeees 14(Db)
M=0085,' A=25° es e s ssesse e 14(C)

Variation of boundary-layer thick-
ness with angle of attack for
various forced transition loca-
tions and natural transition at —
M=0.81; A= 9° ,....ccce... 15(a)
M=0.82; A= 9° .....0c0eses 15(b)
M=10.83; A= 9° ....cc00eses 15(c)
M = 0.83; A 16° seeeesecseess 15(4)
M= 0.85; A =25° ...iceeceees 15(e)
Variation of boundary-layer thick-
ness with angle of attack for

[l

Figure

natural transition with and with-
out o0il at —
M=20.85 A=25°. .. ... . 16

RESULTS AND DISCUSSION

0Oil-Flow Patterns and Pressure
Distributions

Figqures 5 through 13 present in-
flight photographs of the oil-flow pat-
terns and, when available, corresponding
pressure distributions. The figures are
presented in the order in which the pho-
tographs were taken. This allowed "time
related" trends in the oil-flow patterns,
such as loss of oil on the test section
— particularly near the leading edge —
to be observed.

Rather than discussing each figure
separately, the observations made from
the oil-flow photographs and trends
noted in the pressure distributions are
limited to a few "representative" cases.
No discussion of the visualization of
separated flow is included in this paper
because the low angle-of-attack nature
of the NLF tests caused minimal or no
separated flow on the NLF test section.
However, based on wind tunnel oil-flow
experience, the in-flight oil-flow
technique would be expected to correctly
identify separated flow conditions.

Observation of Shock-Free and
Mostly Turbulent Flow

Figure 5 represents a takeoff and
climbout condition and is presented as
a shock-free and mostly turbulent flow
condition for visual reference purposes.
No pressure distribution data were avail-
able for figure 5.

Observation of Shock Flow

An apparent observation that can be
made from most of the oil-flow photo-
graphs beginning with figure 6 is a dark,



curved line across the test section just
aft of the midchord. This is attributed
to a normal shock wave on the test sec-
tion which causes the oil to build up,
or puddle, at the location of the shock.
This is verified vividly in figure 7,
which presents an oil-flow photograph
and pressure distribution at M = 0,85
and A = 25°, The dark line in the oil-
flow photograph intersects the center-
line of the test section (the pressure
orifice row) at about 65-percent chord
(x/c = 0.65), which is consistent with
the data presented in the pressure dis-
tribution. The pressure distribution
shows a rapid increase in pressure
(increasing cp) at the same location

(x/c = 0.65), which also indicates the
presence of a shock wave,

A less obvious case can be observed
in the oil-flow photograph of figure 8,
where there are several lighter lines in
the general region where a shock might
be located. It is difficult to deter-
mine if the lighter lines are multiple
shocks across the test section, or resi-
due oil from previous test conditions.
However, it is believed that multiple
shocks exist on the test section at the
particular flight conditions presented.
This opinion is supported by both the
pressure distribution of figure 8(a) and
the oil-flow photograph of figure 9(b).
The pressure distribution of figure 8(a)
indicates the existence of at least two
identifiable shock waves, one at approxi-
mately 55-percent chord (x/c = 0.55) and
another between the 70-percent to 90-
percent chord (x/c = 0.70 to 0.90).
This is in apparent agreement with the
oil-flow photograph that shows evidence
of shocks at approximately 60-percent
and 75-percent chord and either residue
0oil or another shock at 82-percent
chord. In the oil-flow photograph of
figure 9(b) at M = 0.84 (M = 0.01 more
than figure 8(b)), the lines have a
similar pattern to those noted in
figure 8(b). However, they are more
sharply defined (indicating more shock
strength) and positioned approximately

10 percent farther aft on the test sec-
tion; these are expected results of a
shock due to a small increase in Mach
number .

Observation of Laminar, Transition,
and Turbulent Flow

A more subtle observation, which can
be made from the oil-flow photographs of
figures 5 through 13, is the transition
from laminar to turbulent boundary-layer
flow. An example of this can be seen
in figure 8(b). Note the distinction
between a light area forward of the 20-
percent chord, where there appears to be
little or no oil, and a uniform slightly
darkened area aft of the 20-percent
chord. The light area is considered to
be the region of a laminar boundary
layer. This belief is supported by the
pressure distribution of figure 8(a) as
well as boundary-layer data, which is
discussed later. In figure 8(a), a fa-
vorable gradient exists from the lead-
ing edge (x/c = 0) to approximately the
20-percent chord (x/c = 0.20), at which
point the pressure gradient becomes
unfavorable and the boundary layer is
likely to transition to turbulent. In
the photograph, the dark area aft of the
20-percent chord (including the area aft
of the shock) is considered to be the
turbulent region.

Two additional subtle observations
regarding laminar to turbulent transi-

‘tions are made from the oil-flow photo-

graph of figure 9:

1. Two small dark wedges, located
near the center line of the test sec-
tion, extend aft from the leading edge
to the 25-percent chord.

2. A "clean," but interrupted, white
band extends across the test section
between the 20-percent and 30-percent
chord.

The two dark wedges that extend through
the laminar flow region indicate two



instances of localized premature transi-
tion of the laminar boundary layer to a
turbulent condition. They were probably
caused by local disturbances on the lead-
ing edge. The clean, white band across
the test section is believed, in this
case, to be an area where transition
from a laminar to a turbulent condition
extends for several percent chord, rather
than occurring abruptly. This type of
region is commonly referred to as a
"transition region." This belief is
supported by the small magnitude of unfa-
vorable pressure gradient at 20-percent
to 30-percent chord in the pressure dis-
tribution of figure 9(a).

The observations thus far have been
limited to cases where transition was
apparently caused by the boundary layer
encountering an unfavorable pressure
gradient at relatively forward chord
locations. Figures 12 and 13 present
cases where the upper surface pressure
distribution is close to the design case
shown in figure 4. The favorable pres-
sure gradient extends quite far aft on
the test section, specifically to 70-
percent chord in figure 12 and 40-~percent
chord in figure 13. This extent of
favorable pressure gradient provides an
opportunity for a corresponding amount
of laminar flow. However, due to the
large chord Reynolds number associated
with the extent of the favorable gra-
dient, the laminar boundary layer would
be expected to transition to a turbulent
condition before encountering the unfa-
vorable pressure gradient. This is
apparently confirmed in the oil-flow
photograph of figure 12(b), which indi-
cates the beginning of transition at
approximately 25 percent, compared to
the beginning of the unfavorable gradi-
ent at 70-percent chord in the pressure
distribution of figqure 12(a).

A detailed analysis of the oil-flow
photographs and pressure distributions
of figures 5 through 13 (using the tech-
niques and criteria previously described)

has been made. The estimated shock
location, shock strength, and transition
location determined from oil-flow photo-
graphs, as well as shock location, shock
strength, and unfavorable pressure gra-
dient location determined from pressure
distributions, are summarized in table 1
and will be discussed in detail in the
following sections.

Effect of 0il on Pressure Distribution

Initially, there was some concern
that the presence of oil on the test
section would adversely affect the
static pressure measurement. Figure 14
presents representative data intended to
define the effect of 0il on the test
section pressure distribution. Specifi-
cally, figure 14 compares the pressure
distribution with oil on the test sec-
tion to similar conditions (Mach number
(M) and angle of attack (a)) without oil
for three wing sweeps. It can be
discerned from figure 14 that the oil
had a minimal, if any, effect on these
measurements.

Determination of Transition Location
From Boundary-Layer Thickness

The boundary-layer measurements were
used as a primary source for determining
the approximate transition location.
This was accomplished by measuring the
boundary-layer thickness (8) as a func-
tion of angle of attack (a) for various
fixed transition locations. This is
because a turbulent boundary layer is
much thicker than a laminar boundary
layer. The comparison of the clean wing
results (natural transition) with the
"calibration" data (where transition was
forced) provided an indication of the
extent of laminar flow achieved on the
test section. These results then pro-
vided an independent method of deter-
mining the point of boundary-layer tran-
sition for comparison with the results
obtained from the oil~flow photographs.



Figures 15(a) to 15(e) present the
variation of the upper surface boundary-
layer thickness (§) obtained from
boundary-layer rakes as a function of
angle of attack. With the use of trip
strips, transition was forced on succes-
sive flights at 5-, 20-, 30-, 40-, and
50-percent chord on the test section
without oil. The lines on the figures
represent faired results without oil,
and a value of § (circular symbol) indi-
cates when the o0il was on the test sec-
tion. By referring to the location of
this point with respect to the different
transition lines, the point of transi-
tion can be determined independently of
the oil-flow pattern, but concurrent
with the oil-flow results. For example,
in figure 15(a) (M = 0.81 and A = 9°),
the "with o0il" data point (circular
symbol) lies between the 30-percent and
40-percent lines, indicating that tran-
sition occurs at about 35-percent chord.
A similar analysis was made with the
remaining boundary-layer thickness fig-
ures; the results are summarized in
table 1 and is discussed in detail in
the following sections.

Effect of 0Oil on Boundary-Layer
Thickness

Figure 16 presents results of the
effect of oil on the test section
boundary-layer thickness as determi-
ned from the boundary-layer rake data.
The case presented is for an unfavorable
pressure gradient located at a forward
chord location that corresponds to the
pressure distribution of figure 7.
Although the data points with and with-
out oil for the clean wing were not
performed at the exact test conditions
(different angle of attack), they both
lie very close to the 20-percent chord
transition line. The line was obtained
from the boundary-layer data when tran-
sition was forced at the 20-percent
chord. From the comparison, it appears
that the presence of the oil did not sig-
nificantly affect the transition loca-
tion. In addition to the case presented,

it would have been preferable to present
a case corresponding to a more demanding
criterion (a greater extent of laminar
flow); however, the scope of this study
did not provide such conditions.

Comparison of Shock and Boundary-Layer
Characteristics From 0il-Flow Photo-
graphs and Pressure Measurements

Table 1 presents a qualitative sum-
mary of results obtained from methods
previously discussed. The purpose of
the table is to demonstrate the capabil-
ity of the oil-flow method to "visualize"
flow on the upper surface of the test
section used for this study. Specifi-
cally, shock and boundary-layer charac-
teristics obtained from oil-flow photo-
graphs are presented with appropriate
pressure measurements for comparison
purposes.,

Shock Characteristics

Comparison of the shock location and
strength results obtained from the oil
and pressure distribution (PD) methods
show very close agreement, usually within
5-percent chord, and good agreement as
to relative strength, The oil-flow
method appears to provide a very good
visualization of both shock location and
strength.

Boundary-Layer Characteristics

The boundary-layer characteristics
are divided into three categories: the
laminar, the transition, and the tur-
bulent regions. A comparison is made
of the laminar and transition regions
obtained from the oil to the trends
indicated in the pressure distributions,
specifically favorable gradient (Png)

and the unfavorable gradient (PDyg),

respectively. These comparisons are
made because for most of the cases pre-
viously discussed, the laminar boundary
layer existed only in the region of a
favorable pressure gradient, and tran-
sition occurred in the region of the



unfavorable gradient. In the turbulent
region, a comparison is made between the
transitions determined from oil-flow
photographs and from boundary-layer
thickness (§) results. This comparison
was made because transition based on
boundary-layer thickness results should
be an indicator of the beginning of the
turbulent boundary layer.

Comparison of the oil-flow analysis,
the trends of the pressure distributions,
and the boundary-layer thickness analy-
sis shows close agreement, usually within
S-percent chord. Two apparent exceptions
are the comparisons of the oil flow and
PD results in the laminar and transition
regions of figures 12 and 13. 1In both
of these cases, as noted earlier, tran-
sition to a turbulent condition occurred
ahead of the unfavorable pressure gra-
dient. Because of the far aft location
of the unfavorable gradient, the o0il and
PD trend comparison would not be expected
to agree. The oil-flow method used for
this study appeared to provide a very
good visualization of boundary charac-
teristics, such as laminar flow, tran-
sition flow, and turbulent flow.

CONCLUDING REMARKS

An investigation was made regard-
ing the feasibility of using oil for
inflight flow visualization on a nat-
ural laminar~flow wing. Oil was brushed
(painted) on the upper surface of the
test section before takeoff. Boundary-
layer transition location, shock loca-
tion, and strength for the upper surface
coated with oil are compared to pressure
distribution and boundary-layer measure-
ments at similar conditions without oil.

The following conclusions and recommen-
dations regarding the use of this oil
technique can be made:

1. Location of shock waves can be
observed in the o0il. These results
agreed with those obtained from chord-
wise surface pressure measurements.

2. Boundary-layer characteristics,
such as laminar flow, transition flow,
and turbulent flow can be determined
from in-flight oil-flow photographs.
These results agreed well with trends
noted in pressure distributions and
results obtained from boundary-layer
thickness measurements.

3. The oil has a minimal effect on

the pressure distributions or on
boundary-layer thickness measurements.

4. The use of oil, applied to the
upper surface of a wing prior to
takeoff, is a practical and inexpensive
technique for in-flight flow visualiza-
tion.

5. The usefulness of the technique
used in this test is limited in altitude
because the o0il becomes too thick to be
of use at colder temperatures of alti-
tude. The limiting altitude, for the
Mach number range of these tests, was
7.6 km (25,000 ft).

Ames Research Center

Dryden Flight Research Facility

National Aeronautics and Space
Administration

Edwards, California, April 26, 1983
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(a) F-~1l11 TACT aircraft with NLF airfoil installed on wing panels.

zic Q —dS

(b) Comparison of NLF and TACT
airfoil profiles.

Figure 1. In-flight photograph and airfolil section.
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Figure 2. Boundary-layer rake.
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Figure 3. Variation of temperature with altitude.
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Unfavorable

v\—Favorable pressure = [ pres§ure
\_ gradient ’ , gradient

N

CpO

x/c

Figure 4. NLF airfoil and
design upper surface pressure
distribution.

ECN 13414

Figure 5. In-flight photograph of oil on airfoil test section at

climb conditions (subsonic amd shock free) of approximately 300 knots
indicated airspeed and A = 25°.
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(a) Pressure distribution for flight data with oil.

ECN 13415

(b) Test section with oil.

Figure 6. In-flight oil-flow photograph and upper surface

pressure distribution on airfoil test section at M = 0.84,
a=4,8° and A = 25°,
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(a) Pressure distribution for flight data with oil.

—_— . - -

Chord, percent

ECN 13418
(b) Test section with oil.

Figure 7. In-flight oil=-flow photograph and upper surface
pressure distribution on airfoil test section at M = 0.85,
a=4.7°, and A = 25°,
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Second
compression;

Rapid possible
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gradient gradient (shock) 2\ shock a
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(a) Pressure distribution for flight data with oil.

Chord, percent

ECN 13419
(b) Test section with oil.

Figure 8. In-flight oil-flow photograph and upper surface
pressure distribution on airfoil test section at M = 0.83,
a = 4.9°, and A = 16°,
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ECN 13421
(b) Test section with oil.

Figure 9. In-flight oil~-flow photograph and upper surface
pressure distribution on airfoil test section at M = 0.84,
a = 4.9°, arﬂ A = 1600
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(a) Pressure distribution for flight data with oil.
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ECN 13423
(b) Test section with oil.
Figure 10. In-flight oil-flow photograph and upper surface

pressure distribution on airfoil test section at M = 0.81,
a = 4,8°, and A = 9°,
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(b) Test section with oil.

Figure ll1. In-flight oil-flow photograph and upper surface
distribution on airfoil test section at M = 0.82, a = 4.8°,
and A = 9°.
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(a) Pressure distribution for flight data with oil.

Figure 12.

N il

Chord, percent

ECN 13426
(b) Test section with oil.

In-flight oil-flow photograph and upper surface

distribution on airfoil test section at M = 0.83, a = 5.,0°,

arnd A = 9°,
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(a) Pressure distribution for flight data with oil.

ECN 13430
(b) Test section with oil.
Figure 13. In-flight oil-flow photograph and upper surface

distribution on airfoil test section at M = 0.85, a = 4,1°,
anmd A = 25°,
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(c) M = 0.85, A = 25°,

Figure 14.

pressure distribution with and without oil.

Comparison of test section upper surface
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Figure 15. Variation of boundary-layer thickness with
angle of attack for various forced transition locations

and natural transition.
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